Introduction

' I
The storable propellant system consisting of a 50 percent by weight mixture of hydrazine and unsymmetrical dimethylhydrazine (UDMH) fuel and nitrogen tetroxide oxidizer is used in many advanced rocket engines, and experimental performance of several space-vehicle engines, using this propellant system, has been reported. (l) The actual engine performance is degraded by combustion, aerodynamic, and kinetic losses. The latter result from the reduction in nozzle energy release due to the incomplete recombination of the atoms and free radicals formed during the high-temperature combustion. These chemical recbmbination reactions have finite reaction times, which are often slow with respect to the residence time of the exhaust products in the nozzle. The prediction of kinetic losses for the storable propellant system has been the subject of several 3, 4); it% desirable, however, to supplement these predictions, which are based on idealized laboratory reaction-rate data, with experimental measurements under conditions more closely approaching those encountered in rocket engine environments.
,.
chamber products and enthalpy of the desired storablepropellant system using gaseous propellants, eliminating combustor inefficiencies and instabilities. A recent report also suggests this method of simulation. (5) Experimental static temperatures are reported for the simulated storable propellants at a combustionchamber pressure of 3.7' atmospheres, covering a range of oxidant-fuel weight ratios of 1.6 to 2.5 (equivalence ratios of 1.4 to 0.9). The experimental data are compared to analytical calculations based on theoretical equilibrium and kinetic expansions, and the application of the data to performance predictions of rocket engines is discussed.
Simulation
The simulation of one propellant system by another is defined here as the substitution of reactants which yield, upon combustion, the same products and mixture enthalpy as the desired system. The two gaseous combustion products at the same pressure ,are identical if their composition and enthalpy are equal.
Composition
The combustion of 50 percent by weight hydrazine, N g 4 , and unsymmetrical dimethyl hydrazine (UDMH), , C2HSN2, fuel with nitrogen tetroxide oxidizer, N2O4, (referred to hereafter as the storable, or liquid storable, propellant system) is written on the basis of one mole of fuel: 0.6522N2H4+0.3478 C2HgN2+1.0217 N204 + 0.6956 C02 + 2.6956 H$ + 2.0217 N2 (1) However, the combustion temperature of these propellants is about 4130' K, and the theoretical molecular products shown in equation (1) To simulate the effects of operation over.8 range of oxidapt-fuel mass ratios, equation (3) can be written NO2 at the reactant conditions, but appendix B of Ref. 1 calculates that the influence of the neglect of the NO2 formation on the thermochemical or performance results is very small. The storable reactants have a higher initial enthalpy than that of the simulated reactants due to the heats of formation of hydrazine and UDMH. This energy is liberated in the combustion reaction and incrkases the enthalpy of the products. TO compensae for this higher enthalpy of formation, the simulated reactants are preheated to increase their initial enthalpy. In this study, the preheating was more conveniently performed on the oxidants only, The desired match of combustion-product enthalpies was carried out by trial ind e r r o r using a thermodynamic computer program. (6) Results are illustrated in Fig. 1 , where combustion-product mixture enthalpy, using the same reference basis as table II, is shown as a function of the storable-propellant oxidant-fuel mass ratio. For the storable propellant, the product enthalpy decreases as the oxidant-fuel mass ratio increases since the proportion of low-initial-enthalpy reactant is increasing. . For the simulated-propellant systems, represented at different oxidant-preheat levels by dashed curves in Fig. '1 , the enthalpy-againsta/F trend is opposite to that of the storable propellants since in these cases increasing oxidant-fuel mass ratio increases the proportion of the high-initial-enthalpy reactant. The enthalpy simulation would be satisfied therefore by adjusting the oxidant-preheat temperature, covering the range of about 1120' to 810' K to correspond to the requirements for simulation of oxidant-fuel mass ratios of 1 . 6 to 2.5.
An example, comparing calculated properties of the storable-propellant and simulated-propellant products, is given in table hI, which shows properties and compositions at the combustion chamber and at an exhaustnozzle station where the products have expanded to 1/30 the combustion-chamber pressure, both for a fuel-rich O/F of 1.6. Nozzle compositions were.calculated assuming an equilibrium expansion. To correspond to typical experimental conditions, the calculations were made with the simulated-propellant oxidant preheated to a nominal value of l l O O o K, not quite the right match for the combustion-chamber enthalpy, and with the actual natural gas composition rather than pure methane. Nevertheless it is seen that the duplication of properties and composition can be controlled very closely.
Apparatus
Installation cylinder trailer were metered through standard orifices, heated in an aluminum-oxide, pebble-bed storage heat exchanger, passed through a water-cooled combustion chamber where the fuel mixture was introduced and ignited spontaneously, and expanded through a supersonic test nozzle. The combustion products were cooled and ducted to the laboratory exhaust system. Details of the storage heater and air flow system are given in Ref.
.
Air from the laboratory system and oxygen from a
The combustion chamber, nozzle, and typical instrumentation are shown in Fig. 2 . The fuel was injected into the combustion chamber through water-cooled fuel-injection tubes arranged to cover approximately equal areas of the combustor cross-section. The combustion chamber itself was a cylindrical pipe, 30.7 cm in diameter and 46.5 cm long.
The test nozzle, similar to that described in Ref. 9, was a 30° half-angle converging, 7' diverging cone with a 17.7 cm radius-of-curvature throat. The throat inside diameter was 7.94 cm, and the diverging section was 46.7 cm long. Effective area ratio Of the nozzle . . 
Spectral-Line Reversal Pgrometer
Static temperatures of the flowing exhiiust gases in the test nozzle were measured using a self-balancing line reversal pyrometer. (lo, 11) The combustion products were seeded with sodium carbonate powder' introduced by a water-cooled injector located in the combustion chamber, and a reversal temperature was measured by automatically balancing the seeded-gas radiation with that of a current-controlled tungsten-ribbon lamp mounted at the opposite optical window from a photomultiplier detector. Temperatures were computed from an initial calibration of the lamp brightness temperature as ,a function of lamp current, using an optical pyrometer. The pyrometer detecbr, lamp, and optics were mounted on an external U-shaped platform that straddled the test nozzle. The platform was moved to each of the optical port locations during a test -run.
Optical ports were also located in the combustion chamber for initial measurements of combustionchamber temperature profiles. The tungsten-ribbon lamp was replaced by a carbon arc reference source for higher reference temperatures,(l') and profiles were recorded by traversing the sodium carbonate injector across the combustion-chamber diameter and recording temperature as a function of radius. The simulation of the liquid storable propellants at desired oxidant-fuel mass ratios required three controls: (1) the composition of the fuel mixture, (2) the relative rates of fuel, oxygen, and air mass flows, and (3) the correct preheat of the oxidant mixture. The hydrogen and natural gas fuels were purchased from a commercial source, mixed, and stored at high pressure in a cylinder trailer with enough capacity for two to four complete test runs. The fuel mixture was analyzed by a mass spectrometer, and this analysis was used as a basis for calculating a table of values of relative fuel, oxygen, and air mass flows to simulate an O/F range of approximately 1.6 to 2.5, in accordance with equation (4) written for the exact fuel analysis. This o n range was limited by the maximum possible fuel flow rate at one extreme and maximum oxygen flow rate at the other, but it encompassed the O/F values of interest to rocket engines. Tests were conducted at a single combustionchamber pressure of 3.7 atmospheres. The air mass flow rate was thus a quantity fixed by the stagnation conditions, and the O/F settings were prescribed by values of the fuel-air and oxygen-air mass flow ratios. These ratios were regulated within i2 percent by an automatic control system, which adjusted the flow-valve openings using the ratio of differential pressures across fuel and oxygen flow orifices to the differential pressure across the air flow orifice. The oxidant-inlet temperature was controlled by the banking temperature, or the temperature maintained by the storage heater between run periods, and to a lesser extent by the length of the test runs. Experimental runs were conducted with the oxidant preheated to temperatures between 880' and 112OoK, approximately.the range specified in Fig. 1 for correct enthalpy simulation. However, each series of runs at several different oxidant-fuel mass ratios was carried out at nearly constant oxidant-inlet temperatures, since it was not possible to vary the storage heater temperature a s desired once air flow was established. Hence, the oxidant preheat temperature did not necessarily correspond to that required for enthalpy simulation. It will be shown that negligible changes in the exhaust-nozzle static temperatures are introduced by this compromise.
Nozzle static temperatures were measured by successively centering the reversal pyrometer on each optical window and recording the output on a strip-chart recorder. A complete survey, covering all five nozzle optical stations, took 4 to 5 minutes, during which time the oxidant-inlet temperature measured by a single shielded, platinum/platinum-13-percent-rhodium thermocouple varied no more than 2 0 ' K.
Analysis Data Reduction
The treatment of experimental data consisted of (1) calculation of static temperatures from lamp-current readings of the reversal pyrometer, (2) calculation of flow rates and combustor-inlet temperatures, and (3) calculation of simulated oxidant-fuel ratios. The static temperature was hand calculated from a prior calibration of the reversal pyrometer, and flow rates and inlet temperatures were computed by a digital-computer program using inputs from transducer signals. The calculation of simulated oxidant-fuel mass ratios required additional interpretation of the data, because the measured fuel-air and oxygen-air ratios could deviate to a small extent from the exact values for simulation. This meant that a run could have a fuel-air ratio corresponding to a certain simulated O/F and an oxygen-air ratio corresponding to a different simulated O/F. The fuelair and oxygen-air ratios could always be altered to agree, at a mean simulated O/F, by multiplying the measured air flow by an adjusting factor. This was an arbitrary procedure to be sure, but in this way the nozzle-temperature data could be reported as that corresponding to some mean simulated O/F, with an excess or deficiency of air mass flow. Runs in which this airflow-adjusting factor turned out to be more than *5 percent from unity were rejected.
For the calculation of the oxidant-fuel mass ratios, the actual analysis of the fuel mixture was used. The desired fuel analysis as shown in table I gave a molecular weight of 7.08, but it was necessary and economical in handling gaseous fuel mixtures in large quantities to accept a tolerance on the basis of molecular weight of generally *4 percent, occasionally up to 7 percent.
The test of the effectiveness of the simulation technique for the purposes of this study lies in the duplication of the nozzle static temperatures. An example of the sensitivity of these temperatures to deviations from 3 r . . I correct simulation is presented in Fig. 3, which shows static temperature at a nozzle area ratio of 2.05 as a ' function of simulated oxidant-fuel mass ratio for the two extreme cases of equilibrium and frozen theoretical expansion. Calculated temperatures are shown for the storable propellants and for the simulated propellants, where ttoff-simulationtf is illustrated by: (1) correct composition simulation, but operation at a constant oxidant-inlet temperature of l l O O o K, which provides the correct inlet enthalpy only at an O/F of 1.65, (2) incorrect composition simulation caused by an air flow 10 percent high, and (3) incorrect composition eimulation caused by a fuel mixture with a molecular weight 7 percent high. The actual simulation conditions were always controlled within the tolerances represented by these curves. Figure 3 shows that the constant oxidantinlet-temperature case yields temperatures at high O/F values that vary a maximum of 40' K from that for the equilibrium expansion of the storable propellants, and the additional composition discrepancies can alter the temperature by 100' K. F Q~ frozen expansion, on the other hand, the storable-propellant and simulatedpropellant temperatures are almost indistinguishable. The same results may be calculated at other area ratios beyond the nozzle throat. As shown in the results of this study, the expansion of the storable propellants is near frozen, ind the tolerance in operating conditions permitted in this investigation had little influence on temperature profiles.
Theoretical Predictions
show theoretical curves calculated from a computer program@) at two extremes requiring no chemical reactionrate information:, equilibrium expansion, in which chemical reaction rates of the exhaust products flowing in the nozzle are infinite, and the recombination reactions a r e always in chemical equilibrium; and frozen expansion, in which chemical reaction rates are zero, and the composition of the exh&ust products is fixed at the equilibrium combustion-chamber-product composition. Of course the actual nozzle expansion proceeds with intermediate chemical reaction rates for the recombination, but an exact kinetic, or finite-rate calculation, can be very complicated and requires a considerable knowledge of chemical reaction rates. It is common to simplify kinetic expansion calculations by using the Bray criterion, (12) which aasumes equilibrium expansion in the nozzle up to a certain area ratio (the "sudden-freezingtt point) and frozen expansion thereafter. The suddenfreezing area ratio is defined as the nozzle location where the .rate of decrease of moles of radicals or atoms is equal to the rate of recombination from chemicalkinetic data. This was calculated using the computing method of Franciscus and Healy. (13) The principal ratecontrolling recombination reactions for the storable propellant system are the three-body reactions presented in table 4 along with the foryard reaction-rate constants that were supplied to the simplified computing program of Ref. 13 . Previous work on the hydrogen-air system(3i14) indicated that reaction (1) was controlling, although reaction (2) and in lean mixtures, reaction (5) may be of importance. It is of interest to note the complete neglect of any carbon or nitrogen reactions; the principal carbon reaction, the water-gas reaction Figure 3 and subsequent data-presentation figures CO +OH-CO2 + H has an energy release less than 1/4 that of the principal three-body recombination reactions, (l), (2), and (5), and ita influence on nozzle temperature can be neglected. (3*9)
Results and Discussion
Combustion-Chamber Efficiency
Initial reversal temperature measurements in the combustion chamber showed a flat temperature profile, approximately at the equilibrium combustion temperature. A typical profile has been reported in a previous papedg) for natural gas and air combustion using the same fuel injector and combustion chamber. For practical purposes, combustion efficiency could be considered as 100 percent. 
Some of the experimental static temperatures meas-
It is seen that the experimental data and the kinetic curve lie close to the frozen-expansion temperatures. The kinetic calculations indicate a freezing point upstream of the nozzle throat, at an area patio of about 1.06 for a simulated O/F of 1.6 and at 1.04 for larger ratios, and frozen expansion throughout the supersonic portion of the nozzle. The experimental data fit this simplified kinetic prediction although it was noticed that some of the data indicated a tendency toward temperatures lower than the analysis at the optical stations nearer the throat and somewhat higher temperatures than the analysis at the last optical station. These discrepancies could arise from the usual sources of experimental error, but they can be largely attributed to deviations from one-dimensional flow in the nozzle and shocks. Static-pressure measurements were taken during the tests; and while not presented in this paper, similar deviations from a smooth plot with pressure suggest the presence of weak shocks in the test nozzle. It is seen from the experimental data that static All of the experimental temperature data have been temperature is nearly ipdependent of oxidant-fuel m~s ratio for the O/F range b&tween 1.6 and 2.5. If the expaneion of the storable propellant followed the quilibrium analysis, the temperature profiles would be clearly O/F dependent, but the experimental data agree with the eimplified kinetic calculation for near-frozen expansion, which is generally insensitive to oxidant-fuel ratio.
Specific Impulse
Concluding Remarks calculate vacuum specific impulse by line& i n t e m l ation between the equilibrium and frozen predictions obtained from the analytical pragram using the ratio of experimental to theoretical temperaturee. No attempts were made to correat for the effect of enthalpy gr composition off-simulation, or to allow'for combustion and aerodynamic inefficiencies, if any.
temperature, it is believed that oxidant combustionchamber inlet temperatures were uncertain to a5 percent. Uncertainties of oxidant-inlet temperature of this order should have a negligible effect on the nozzle temperature results. Pressures and flow rates were measured with standard transducers capable of *l percent accuracy.
The experimental temperature data were used to This paper has presented the results of temperature measurements in a 5.5-area-ratio, nominal Mach 3 nozzle, using hydrogen and methane as fuel and preheated oxygen-enriched air as oxidant to simulate the combustion products and enthalpy of the 50-weight-percent hydrazine and UDMH fuel, nitrogen tetroxide oxidant propellant system.
The experimental specific impulse and the analytical predictionti are plotted in Fig. 6(a) as a function of the storable propellant oxidant-fuel mass ratio, at an arga ratio of 3.6. The data are close to the kinetic prediction, falling somewhat b&w that theoretical curve.
It may be noted that at this relatively small area ratio, the peak vacuum specific impulse is attained only at oxidant-fuel ratios below 1.6 .
This use of the conventional gaseous propellants to simulate the liquid storable propellants proved feasible.
The flow rates and oxidant-inlet temperatures that were needed to simulate the various oxidant-fuel ratios could be readily calculated but could not always be matched exactly in the experiments. It was, however, calculated that the deviations in exhaust-product composition and enthalpy had little effect on the nozzle static temperatures for the conditions of this study, where the expansion was nearly frozen. For higher combustion-chamber pressures or nozzle geometries that favor expansion nearer to e q u i l i b r i a , it should be realized that more prqcise control of the simulation parameters may be necessary.
The use of the kinetic analysis for prediction of specific impulse at large area ratios representative of rocket engines is illustrated in Fig. qb) , which presents theoretical curves for an engine with an area ratio of 60 and a combustion-chamber presstire of 6.8 atmoepheres.
Representative experimental data from Ref. 1, corrected for combwtion~and aerodgrzamic losses to show the effect of h e t i c efficiency only, are included in Fig. 6@ ).
The relative agreement between experimental and predicted specific impulse is very good and resembles the correlation at the lower area ratio in Fig. 6(a) .
Accuracy of Measurements centrate mainly on the primary measurement instrument, the spectral-he reversal pyrometer. the just upstream of the nozzle throat. Results were also At 3.7 atmospheres combustion-chamber pressure, over a range of oxidant-fuel mass ratios from 1.6 to 2.5 (equivalence ratios of 1.4 to 0. S), temperatures were nearly independent of oxidant-fuel ratio and were close to those predicted for a frozen expansion. These results are in agreement with a simplified kinetic analysis, using reaction rates for the hydrogen and oxygen threebody recombinations only, which indicated a sudden freezing of the recombination reactions at an area ratio An assessment of experimental accuracy would conrange of interest, accuracy and ecision of this instrument 88 noted in the literatureclg should be of the order of +2 percent' each. Errors due to spatial and temporal fluctuations in the static tem rature could add an additional percent o r two error. $1 At the first optical etation in particular, an additional small error may arise from the nonlinear averaging of a radial temperature profile where flow is not one-dimensional. The optical w i n b e were purged with nitrogen to prevent artying from condensed combustion products. In a few cases (note the data of Fig. 5(d) near an oxidant-fuel mass ratio of 1.6) subsequent examination of the data revealed temperatures that are too high, possibly due to reduced transmission of the reference lamp radiation.
Oxidant-inlet temperatures were measured by a shielded, aspirated therrbocouple with minimum conduction and radiation loqsea, and the temperatures were corrected for heat losses to the cooled fuel injector.
Previous studies with the storage heater showed that the radial temperature profiles were reasonably flat; but because a single thermocouple was used to measure this interpreted in terms of specific impulse and were applied to higher area ratios typical of advanced rocket engines by using the simplified kinetic analysis.
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